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SUMMARY

An investigation has been made of the pressure distribution over
e rectangular wing with a 9—percent—thlck symmestrical circuler-arc.
section and a 30—percent—chord trailing-edge flap; schlleren and
1iquid—~film flow studies have also been made. Results obtained at =
Mach number of 1.62 and a Reynolds number renge of 0.55 to 1.07 X 106
indicate good agreemsnt between theoretical snd experimental pressure dis—
tributions except on the low—pressure side of the flap near the trailing
edge end on the high-pressure slde of the flap and wing near the hinge .
line. In these reglons, laminar seperation occurred. As a result of
the flow seperations, the experimental lncrements In aerodynamic coef—
ficients due to angle of attack or flap deflection were generslly
smaller and the slopes of the experimental curves lower than the theo—
retical coefficlent increments and slopes. The experimental sectlon—
coefficient curves also exhibit a bresk or shift that may result In
undesirable stability and control characteristics such as snaking and
nonlinear stick force—deflection relationships.

INTRODUCTION

As a result of the large number of airplanes and missliies heing
designed for the supersonic speed range, a greet need has erisen for
1nformation on which to base the design of supersonic controls. In
order to meet this need, a number of theoretical and experimental
investigations of the aerodynamlc characteristics of controls at super—
sonic speeds have been Initiated. Theoreticel flap characterilstics
alone are Iinadequate, however, because of the existence of shock—
boundary-—layer interaction effects not considered in the theory. Most
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of the experimental investigations so far reported, on the other hamd,
have been limited to three—dimensional control surfaces and techniques
that determine only the over—ell characteristics of the control and

give little or no ingight into the reasons for the discrepancles
between the theoretical and experimental results. An Investlgation of
the interaction effects by means of pressure distributions and schlieren
and liquid—film flow observations has, therefore, been underteken to
determine the nature end magnitude of the interaction effects for a
three—dlimensiocnal rectangular wing with e tralling-edge flap.

The tests were made I1n the Langley 9—inch supersonic tunnel at
Mach numbers of 1.62, 1.93, and 2.40 over a Reynolds number range
from 0.55 to 1.07 X 100. Airfolls of 9— and 6—percent—chord thickness
were Investigated. ZHach sirfoll had & rectangular plan form, a sym— -
metrical circular-erc section, and a 30-percent-—chord tralling-edge
flap. 'The present paper glves the results obtalned with the 9—percent—
thick airfoll at the Mach number of 1.62.

SYMBOIS
Py, local static pressure on alrfoll
D stream gtatlc pressure
M stream Msch number
4 ratio of specific heats for air (1.4)
a dynamic pressure (%sz)

- D

P pressure coefflélent <EL-—(—1—)
c chord of airfoll
cp. chord of flap
n section normal force (positive upward)
n section pltching moment about midchord (positive when it

tends to rotate the leading edge of airfoll upward)
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h flap section hinge moment (positive when it tends to
deflect the flap downward)

section normel—force coefficient (n/qc)

Cn

Cp gsection pitching-moment coefficient sbout midchord (m/qce)

Ch flap section hinge-moment coefficient (h/q_cfa)

o} mags density of free stream

i) stream coeffliclent of viscoslty

Y free—stream velocity

R Reynolds number (pVe/p)

a ~ alrfoil angle of attack

s deflectlian of flap chord with respect to alrfoll chord
(positive In downward direction)

t/c ratio of maximum thickness of airfoil section to airfoll
chord length

z/fc distance from leading edge -1n terms of chord length

Slope parsmeters:

c varietion of sectlon normal-Fforce coefficlent with angle of

i a
attack (-—CE
da /3
cmu‘ . variation of section pltching-moment coefficlent with ahgle
o}
of attack (i)
< /8
Cy, variation of flap section hinge-moment coefficlient with
o X

angle of attack (EGA)
Bu. ]
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variation of section normel-force coefficlent with flap

deflection <3_cg)
38 /g

varistion of ssection pitching-moment coefficient with flap

deflection <—afﬂ)
a5

o

variatlion of flap section hinge-moment coefficient with

Tflap deflection (aih-)
3 /o

varletion of section pltching-moment coefficlent with
‘section normal—force coefficlent for constant flap

deflection

variation of sectlon hinge-moment coefflclent with
sectlon normal-force coefficlent for constant flap

deflection

variation of section pltching-moment coefflclent wlth
sectlon normal—force coeffliclent for constent angle

of attack

variation of section hinge—moment coeffilcient with
sectlion normel—force coeffliclent for constant angle
of attack

APPARATUS AND METHODS

Wind Tunnel

The. investigetion was conducted in the Langley 9—inch supersonic
tunnel, which is of the continmuous-~operation closed—return type with
provisions for the control of the bumldity and pressure of the enclosed
alr, Changes in test Mach number are provided by interchengeable two—
dimenglaonal nozzle blocke forming test sectlons approximately 9 inches
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squere. FEleven fine—mesh screens In the settling chamber ahead of the
nozzles aid in keeping the turbulence in the tunnel test section at a
low level. For qualitative, visual—flow observations, a schlleren
‘optical system is provided. During the present tests, the quantity of
water vapor in the tumnel alr was kept to values sufficlently low so
that the effects of condensetion in the supersonic nozzle were negli—
glble. The pressure in the tunnel was adjusted to provide the desired
veriations in Reynolds numbers for the tests.

Models

Two models were used In the Investlgatlon: a pressure—
distribution model for pressure measurements and a schileren model for
visual and liquld—film flow observations. Both models had 3—inch
chords and rectengular plen forms and were equlpped with 30-percent—
chord full—span trailling-edge flaps. The alrfoll sections in stream—
wlse planes were symmetrical clrcular arce with a thickness of § percemt
of the chord. The included angle between the wing upper and lower sur—
faces at the leading and trailing edges was 20.6°. All wing tips were
cut off in planes parallel to the free—stream direction and perpendilcu—
lar to the airfoil spen. '

The models were machined from steel wilth the leading and tralling
edges ground to a thickness of less than 0.002 Inch. The wing contours
were cut to within 0.002 inch of the specified wvalues, and the wing
surfaces wore free of scratches and highly polished. There was,
however, a very slight spanwlse twlst over the length of the model, and
the upper flap surface did not fair smoothly into the wing surface at
all points by an amount smeller than the tolerance of 0.002 inch but
great enocugh to be noticeeble in the pressure distributions. The gep
between the flsp end the fixed portlon of the slrfoil was 0.005 inch
or about 0.001T chord. This gap was not sealed durlng the tests.

A dimensional sketch of the pressure—distributlion model 1s showm
In figure 1. Yor comvenience in carrying pressure leads from the model
to the outside of the tunmnel and in setting angles of attack end flap-
deflection angles, the model was mounted in the tumnel directly from
the tunnel wall, as 1llustrated in flgures 2 and 3. TInasmich as no
provision was made to bypass the tummel-wall boundary layer, it was
expected thetb there would be sn intersctlion bebtween the flow over the
model and the tunnel boundexy lsyer which would result In pressure
disturbances similer to those reported in reference 1. In order to
avoid meking pressure measurements in reglons strongly effected by such
disturbences, the model was so proportioned that the disturbances from
the model-tunnel-well juncture would not intersect the Mach cone (based
on linear theory) from the wing tip (e.g., fig. 3). The span of the
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model was so chosen that the disturbance from the wing tip would not be
reflected from the boundary layer on the tunnel wall opposeite the tip
to any polnt close to the tralling edge of the wing. )

The pressure—~distribution model was equipped with statlic—pressure
orifices on both the upper snd lower surfeces at iwo spanwise stations.
One of the statlans was located in the reglon between the Mach cones
from the tip disturbences (fig. 3) where the flow was two—dimensional
at low angles of attack and small flap deflectlons. At hlgh angles of
attack and large flap deflections the disturbances from the model—
tunnel—mll Juncture and from the wing iip actually merge on the high—
pressure side of the wing or flap beceuse of lower local velocitles
and higher local Mach angles and the flow at the station 1s noc longer
strictly two—dimensional. However, for the range of o« and & Iinves—
tigated the effects of the tlp dlsturbances were negligible and the
flow remalned essentially two-dimensicnal even at the largest angles of
the tests. The other orifice station was located within the Mach
cane from the wlng tip but outslde the Mach cone from the leading edge
of the flap. (See fig. 3.) At each statlion each wing surface con—
tained 16 pressure orifices of 0.0ll—inch diameter drilled perpen—
dlcular to the surface. Twelve of the orifices were on the main air—
foll and four on the flap. The locations of the orifices and the
orifice stations are glven in figure 1. All pressure leads from the
orifices were ducted to the outside of the tumnel Intermally through
the model and through the steel supporting plate.

Figure 4 shows the schlieren model and illustrates the method used
to mount the wing In the tunnel for schlieren observations. For these
tests the schlieren model was mounted horizantally from the lower nozzle
block by means of & single, vertical, sweptback strut. In order to
avold interference from any shock-boundary—layer interactlian at the
airfoll—tunnel—wall Juncture, the model was designed tu span only the
middle 60 percent of the tunnel and did not extend too close to the
tunnel—wall boundary layers. For liquid~film flow studlies the alrfoll
was mounted vertlcally from the tummnel wall In a similar manner by
replacing one of the observation windows wlth a steel plate to which
the model support strut wasg anchored.

Proessure Measurements and Reductlon of Data

The pressures on the wing and the total pressure in the tunnel
settling chamber were recorded similtaneously by photographing a
mttiple~tube mercury mancmeter on which the pressures were 1indicated.
Subsequently, the pressures were read dlrectly from the fllm ag
pressure coefficlents through the use of a film reader.
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Aerodynamic coefficients were obtained by plotting the pressures
normal to the wing or flap chord and by mechanically Integrating the
Palred curves. The chordwlse components of the pressure forces were
not computed because of the great labor required to reduce these
pressures to coefflclents and because it was foumd that the contribution
of these chordwlse components to all aerodynamic coefficients presented
was relatively small and in no way affected any of the comparisons.

Test Methods and Range of Tests

During the investigation all pressure distributioms and schlieren
and liquid~fiim flow photographe were obtained by setting and holding
constant the angle of attack of the alrfoll and by varying the flap
deflection in sequence fram 0° to the limit of the positive or negative
Tlap deflectlons. Tt was possible to change both the angle of attack
and flap—deflection angle of the pressure—distribution wing from . out—
side the tummel while the tunnel was In operation. Angles of attack
and flap angles on the schlleren model, on the other hand, had to be
set whlle the Gtunnel was shut down end checked while the tunnel was
operating. The angle settlngs of the pressure—dilstributlon model were,
therefore, somewhat more sccurate than those on the schlleren wing
because 1t was possible to use a more accurate technigue for determining

the angles.

A1l schlieren photographs were obtained with the model in profile
with the knife edges in the schlieren system both horizontal and verti-
cel. In the liquld—Fiim flow Investigatlon, the model was on one
occaslon photographed at different time Intervals while drxying in the
tunnel during testing to check techniques, but ususlly 1t was photo—
graphed after being removed from the tumnel after a long time Inbterval
at which time the film was representative of flow comditions. A more
detalled description of the basic technlque can be found In reference 2.

Pressure—~distribution tests were made over a range of a
from —0.65% to ¥.35° at 1° intervals. 'The highest angle of attack is
81ightly below the angle at which the leading—edge shock theoretically
detached from the elrfoll. The flapdeflection range was usually from
about —16° to 18°, with the angles set in 2° increments in the small
positive flap—deflection range and about 4° increments over the rest
of the range.

Schlieren photographs wlth flap neutral were cobtalned over
approximately the same range and interval of angle of attack as in the
case of the pressure distributlions. With the flap deflected, photo—
graphs were obtalned at several flap angles, usually et angles of

G



8 will NACA RM I9J05

attack of 0.350, 2.35° , and 4,359, Liquid—film flow studies were con—
fined to. & = O° and 5° with flap neutral and to & = 5°, 10°, and 15°
at an angle of attack of 0°.

Mogt of the pressure—distribution tests were made with the stag—
nation pressure In the tumnel set at one a.tmosphere » three—quarters
of an atmosphere, end one—helf atmosphere. Based an the alrfoll chord
of 3 Inches, the test Reynolds numbhers corresponding to the sabove
pressures were 1.07, 0.81, and 0.55 million, respectively. - Schlleren
vphotographs and liq_u_id.—-film flow studlies were made only at the high
Reynolds number although some visuel schlieren cbservatlons also were
made at the lower Reynolds numbers.

Precision of Data

Stresm surveys obtained with the test section empty Indicate that
the mean wvalue of the Mach number in the reglon occupled by the test
models is 1.62 and that the variation about thils mean is no more

than 0.7 of 1 percent. There was no evldence of any large lrregularitles
in streem flow directlion. TFor the pressure—distribution model, the
angle—of-gttack and flap—deflectlion gebtings at statlon 1 are belleved
to be accurate to +0.05° and +0.1°, respectively. At station 2 the
engle of sttack 1s greater than that at station 1 by about 0.15°

to 0.20° owing to the twist resulting from wing fabrication difficulties,
and the angle settings are less certain owlng to greater deflectlons
under load then those which occurred at the inboard statlon. As a
result of these uncertalnties all angles, regardless of statiom, are
based on those of station 1. For the schlieren model the aengle settinge
are considered somewhat less accurate than those of the pressure—
distrilbution model et station 1. Indlvidual pressure coefficlente are
usually accurate to +0.01l, and consistent dilscrepanclies of greater
magnlitude are not due to errors in reading pressures but due to local
surface lrregulerities which were dellberstely neglected in falring

the experimental curves. The pressure—coefficlent Increments resulting
from the slight miselinement of the upper. flap surface with the wing
were not neglected. The aercdynamic coefflclents arse indicated usually

to very less than 0.005 In ¢, +0.002 In cy, and #0.01 In cp with

‘the greatest error resultlng from Inaccuracies in falring the pressure
curves In the reglon of the flap hinge line and near the flap tralling
edge. Imnsgtallation of pressure orifices close to these polints would
have been very difficult, owing to physical 1imitations lmposed by the
methods of model construction and tube Installation.
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RESULTS AND DISCUSSION

Pressure Distributlions

Two—dimensional—flow region.— Some experimental pressure distri—
butions selected from a conslderably larger number cobtained at the
two—dimensionel—flow statlion (statlon 1) are presented In figures 5
and 6 for a Reynolds mumber of 1.07 X 10% 4o show the effects of
changing the angle of attack and flap deflection. TIm figure T are
presented a few typical experimemtal pressurs distributions to illusbrate
the effects of changes 1n Reynolde number. The theoretical pressure dls—
tributions included in figures 5 and 6 were calculated from cblique—
shock theory and the Prandtl-Meyer equaticns for the expansion of & two—
dimensional superscnic flow. The theoretical calculations neglect the
fact that on clrculer—arc airfolls the shocks at the wing leading edge
and at the flap hinge line are curved and the flow behind the shocks is
rotatlonal. Calculetlons by the method of reference 3 indlcate, never—
theless, that for the range of angles of abtack and flap-deflectlon
angles of interest In this Investigation at M = 1.62 the effects of
neglecting shock curvature should be negiigible for the most part.

The results shown 1n figure 5 for verying & at constant o
generally Indlcate very good agreement between theory and experiment
over the forward portlon of the alrfoll but show a large deviatlon of
the experimental pressures from the theoretical over the rear portion
of the wing. When the flap was deflected, the experimental pressures
on the suction side of the flap agreed wilth theory up to aspproximstely
the 85-percent—chord point at small flap angles but only to about the
hinge line at high flap deflections. Beyond this point a slight com—~
pression not predicted by the theory occurred, snd the pressure then
remained approximately constant over the flap surface to the trailing
edge. At the higher &'s, a similar esmall but sbrupt pressure increease
occurred on the main wing ahead of the flap hinge line on the flap high—
presgure slde, whlle the pressure rlse expected on the flap surface did
not occur untll same distance aft of the hinge 1ine. As the flap angle
was decreased the reglon of the maln wing affected by thils phenomena
diminished in size and it was no longer poseible to dlstinguisgh the
pressure changes accurately because of the lack of pressure orifices in
the immediste viclinity of the hinge line.

Experimsntal pressure dlstributlons having the characteristic small
but abrupt pressure rise followed by a comstant pressure Just described
above have been cobserved in reference I in supersonic tests of alrfoils
without flsps and in references 5 and 6 in investigations at transonic
speeds of shock—boundsry layer interactions. TIn all cases, these
characteristic pressure distributlons were found to be associsted wlth
flow separation. Further, In references 5 and 6 it was found that this
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type of pressure distributlon occurred only when the boundery layer on
the wing wes laminsr. The occurrence of separatlon shead of the hinge
line on the high—pressure side and ahead of the trailing edge on the
low-pressure slde of the flap 1s possible because of the tranemission
of the high pressures behind the flsp and tralling-edge shocks upstream
through the subsonic boundaxry layer.

At the highest positive 8's shown In figure 5 the flap shock is
detached from the lower flap surface according to the monviscid shock—
expansion theory. The slight disagreement between the theoretical and
experimental pressure dilstributlons over the forward portion of the

alrfoll at « = 4.35° and & = 13° and 16° may most probably be
ascribed to twist In the model between the pressure and angle measure—
ment stations under the extremely high load.

Typlcel effectg _of angle of attack on the wing pressures wlth B
held consgtant are illustrated in figure 6. It may be seen that
for & = 0° (fig. 6(b)) a emall reglon of negative pressures grester
than the theoretical was present on the upper flap surface ahead of
the separated—flow reglon at all angles of attack. Thig apparent dis—
crepancy bebtween theory and experiment ls believed to result from the
fact that the upper flep—surface contour deviates from that of the
wing by a small amount due to fabricatlon difficulities. The results
also Indicate that, when the flap was in the center of the wake and the
flap load was nearly zero, flow separastion was present simultanecusly
on both sides of the flap near the tralling edge. (See fig. 6(b),

o« = ~0.65° and 0.35° with & = 0°.)

The effect of decreasing the Reynolds number from 1.07 .
to 0.55 x 100 (fig. 7) was to move the point of initial seperation
forward on both the suction side of the flap and the flap high—pressure
slde of the wing. The magnitudes of the pressure rises behind the
separation points as characterized by the flat portlons of the pressure
distributions alsc Increased., Pressure distribubtions obtalned at a
Reynolds nunber of 0.81 X 106 had characterlstics Intermedlate to those
at the higher and lower Reynolds numbers. Inasmuch as the changes 1n
pregsures from the pressures for the other Reynolds number conditions
were small, no pressure—distribution data for the intermediate Reynolds
number are shown. For the range of angles of attack, flap angles, and
‘Reynolds numbers Investigated the most forwerd point on the wing at
which flow separation occurred was af the 50—percent-chord polnt or
two~thirds of the flap chord shead of the flap hinge line on the slde
of the wing toward which the flap was deflected.

Wing—tip reglon.— Pressure distributicns obtalned at station 2 In
the region inTluenced by the wing tip are shown in figures 8 to 10.
In order to make it possible to compare the pressure dlstributions at

W
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the inboard and oubtboard statlons directly, the combinatlons of angle

of attack, flap d.eflec‘bion, gnd Reynolds number for which data are
presen'bed. in figures 8 %o 10 correspond exmctly to the combinations

of «, 5, and Reynolds number used in figures 5 to 7. For & = 0, the
theore‘bical pressure—dlstribution curves for the outboard statlon were
computed by the method of reference 7. A method of corresponding
precision for the calculations of pressures on the flap In the regiam
influenced by the wing tip for the came when the f£lap is deflected 1s
not availsable. Hence, for this investigatlon, the theoretical flap
pressures were obtalned arbitrarily by adding to the pressure—
distribution curves camputed by the method of reference 7 for 8 = 0°
(station 2) the increments in pressure coefficlent due to flap deflec—
tlom determined from two—-dimensionsl shock—expension theory. The Mach
number at the hinge llne was assumed to be that computed for the statlon
by the method of reference T, and the pressure Iincrements are defined

as the differences in flap pressures between & = O° and & equals the .
requlired angle.

In generel, the experimental results indlcate that the prevliously
described phenomens. of flow seperatlion st statlion 1 were also present
at statlon 2. The foremost point at statlion 2 Influenced by the wing
tip is apparent, fram the ebrupt change in chordwlse pressure gradlent
that occurs at that point. As the angle of athtack was ihcreased, the
point moved forward on the lower wing surface and rearward on 'bhe upper
surface, but 1ts location was always in good agreement wlth theory.

Figure 10 Indicates that at posltlve £lap angles the pressure
distributions that occurred on the upper or low-pressure slde of the
flap at the outboard station were of a different type at the two test
Reynolds mumbers shown. At R = 0.55 X 106 the pressure distribution
was of the same type as that found at the two—dimensiomel station at
all Reynolds mumbers. At R = 1.07 X 106 the pressure distrlbution
was no longer flat but the pressure increased conbinuously towsrd the
flap tralling edge where 1t attained a magnitude considerably greater
then that of the pressure found at the lower Reynolds number. Inasmich
as this phencmenon occurred anly at positive & (figs. 8 to 10), even
at angles of attack nsar O° 1t 1s ascribed, at least partly, 'bo the
effects of model asymmetry. -

Comparison between statlons.— A comparison between the experimental
pressure distrlbutions at stations 1 and 2 indicates that, on the flap
high—pressure slde, flow separation accurred at approximately the sams
chordwise point on the main wing for comparable als and &%s.

(Compare £igs. 5 to 7 with corresponding figs. 8 %o 10.) The small but
abrupt pressure Increases behind the separation points also were
approximately equel at the two statlons for the test conditlons where
they could be accurately established. Thus, the pressure in the
separated—flow region at statlan 1 was usually considerably greater
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than that at statlon 2. The agreement between theory and experiment,
howsver, 1s generally not gulte as good at the outboard statlon as It
wes at the two—dimensional-~flow station. The Increaged dlscrepancy
apperently results partly from the fact that the experimental angle of
attack at statlon 2 1s somewhat higher than the nominal angle because
of twist In the model and paertly because of the lnsdequacy of the
theory used to calculate the pressure. IT the model twist is accounted
for, then the agreement between theory and experiment at the oubtboard
station ls elmost as good as that at station 1, desplte the arbl-
trariness of the method of calculating the pressures.

On the flap suctlon surface, the flow ageln was found to separate
at about the same chordwise localtion at the two pressure-msasurement
stations for &ll test canditions except possibly on the upper flap
surface at posltive flap angles when the Reynolds mumber was 1.07 X 106
While not shown, the results obtalned at R = 0.81 X 166 were very

gsimilsr to those cobtained at R = 0.55 X 106. If the results on the
flap upper surface at positive § at R = 1.07 X 106 are excluded, 1t
1s found that the pressures 1n the separated--flow reglon are nearly equal
at the two stetions, although the pressure at station 1 1s consistently
the greater of the two by a very small amount. It appesrs from an
enalysls of these results, therefore, that the flow-separatlion phenomenon
generally should be fairly uniform a.cross the span of the model even in
the three—dimensional-flow reglon.

Schlieren and ILiquid-Film Studiles

Schlieren observations.— A group of typlcal schlieren fiow phobto-—
graphs obtalned at a Reynolds number of 1.07 X 105 is presented 1in
flgures 11 and 12. It should be noted that the schlieren flow obser—
vatlions were made on a three—dimensgional model and that at the Mach
number of the tests the regions of the wing influenced by the wing tip
extended nearly across the span of the model at the tralling edge.

An examingtion of figure 11, which shows the nature of the flow
about the model with flap at O°, "reveals & ghort dark line (marked
mixing line on one photograph) ra.d.ia.'ting at a amall angle from the
‘upper flap surface In_the photographs with the knife edge horizontal.
In the photographs obtained with the knife edge vertical, the line is
less clear and 1s light in color. At the origin of this line a weak
compression shock, barely discernible at low engles of attack, is
present. As « wa.s Increased, the orlgin of the line moved forward
toward the hinge line, the angle between the line and flap surface
enlarged, and the intemnslty of the forward shock increased.
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This double or forked shock phenamenon just described was also
present in the tests of references 4 to 6 and was found to be associated
with flow separation, as had been the corresponding pressure distri—
butions with the characteristic smell but sbrupt compression followed
by a region of constant pressure. Agein, it was found In references 5
and 6 that the double or forked shock eppeared anly when the boundary
layer on the model was laminar. The short line radiating at the small
angle from the flep is in reality a mixing line between the flow above
the 1ine and the essentlially dead—alr space below the line. The
apparent sharpness of the line signifies that, regardiess of the span—
wise varistion In Mach number, the separatlon phencmenon was fairly
uniform across most of the wing span. This conclusion is in agreement
with that derlved from the pressure dlstributions. In contrast to the
uniformity of flow separation across the span, the breadth and fanliks
appearance of the disturbances at the hinge line and the shocks at the
trailling edge Indicate the dependence of other quantities upon the
spanwlise variation in Mach number. In scme of the photographs it 1s
posslible to see some curved dlsturbance lines originating at the upper
alrfoil surface Just shead of the flap hinge line. These lines are
caused by reflections of the bow wave from the tunnel observatlon
windows.

With the flap deflected, the sams general conslderations applled
(fig. 12). As & was increased, the origin of the separation or
mixing l1ine on th3 suctlon side of the flap moved toward the hinge line,
the angle bebtween the line and the flap chord became lerger, and the
shock at the separatlion point becams stromger. At the hinge line a
strong expansion rsglon is vilsible on the flep suctlion side extending
approximately to the shock from the separatlion point at the larger flap
angles, while a strong shock can be seen on the high—pressure side.

The character of the flow on the compression side of the flap is
obscured in many of the pictures by the support strut. It can be seen
clearly, however, in the photograph for a = —-5.00° and & = —18°
which was obtalned with the wing snd flsp deflected in a direction to
eliminate the support Interference from the high-pressure side of the
wing. This schlieren plchture indicates that separatlon occurred on the
main wing shead of the hinge line while the main shock has moved to the
rear of the wing—flap Juncture.

At the tralling edge wilith the flap deflected, the schlieren flow
pictures show the presence of shocks Just behind both the upper and
lower surfaces even at the highest flap angles. AL these high flap
angles, nonviscid alrfoll theory predicts the occurrence of a shock
at the tralling edge on the suction slde of the flsp and only an
expansion on the high-pressure slde. A closer exeminstion of a largs
number of photographs showed thet, although not too clear in most of
the plctures, the expansion not only actually existed but the flow
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overexpanded to a veloclity greater than that of the free stream.
Consequently, when the flow met that from the other wing surface, 1t
wag deflected back to approximately stream dlrection through a shock
some digtance downstream of the flap tralling edge.

A clearer concept of the character of the flow over the model can
be obtalned by referring to the sketch iIn figure 13 which has been
prepared from an analysis of schlleren photographs and from pressure
distributions at station 1 for « = 3.35° and & = 10°. Because of
interaction between the shock at the upper tralling edge of the model
and the subsonic boundary layer and weke of the airfoil, the flow
separates from the upper surface of the flap almost at the hinge line.
On the lower surface a simlilar separation, due to shock boundary-—layer
interaction at the flap hinge line,.occurs on the main wing some
distance shead of the hinge line while the maln shock moves sllightly
to the rear. In both instances the occurrence of flow separation abt a
polnt so far ahead of the meln shock 1s probably assoclated with a
laminar boundery leyer on the model inasmich as 81l experimental results
to date indicate that, in the case of turbulent boundary layers, dis—
turbences are transmitted upstrean only a relatlvely short distance and
the charsacteristic forked or double shock deces not exist. Both the low
Reynolds number of the tests and the favorable pressure gradlents slong
the chord tend to keep the boundery layer laminasr. Between the model
end the seperated flow is a region of deed air, where the pressure ls
congtant in the chordwise direction. The boundary between the dead—
alr reglon and the separated flow usuaslly shows up very clearly as &
sharp mixing line on the schlieren photographs end 1s appropriately
deslgnsted In figure 13. At the flap tralling edge the flows from the
two wing surfaces evidently reach sn equillibrium pressure and are
deflected back to approximately stream direction through a mechanlism as
yet not clearly understood but entirely different from that predicted
by nonviscld alrfoll theory. As & result, the center of the waeke may
be displaced upwerd from the flap trailing edgse.

The schlleren flow photographs presented and dlscussed above were
for a Reynolds number of 1.07 X 10°. Flows at the lower Reynolds
numbers of the tests were mot photographed because the changes in
character of the flow for the small Reynolds number range of the investi—
getlion were small and difficult to distinguish. Visual schllieren flow
cbservations did esteblish the fact, however, that the separation polnts
nmoved forward and the angles of flow separatlon relative to the wing or
flap chord increased with a decrease in Reynolds number. Pressure
calculations based on angles of flow determined from the aschlleren
pictures agreed falrly well with the measured values.

Llquid—fiim flow studies.— The ligquld—fiim technique used to .
Investigate the boundary—layer-flow characteristics of the alrfoil 1s
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gti11 in the developmsnt stage; hence no photographs of the studies are
given and no effort is made to describe the apparent characteristics of
the boundary—lsyer flow in great detall. In general, however, the
studles indlcated that with the wing end flap set at 0° the boundary
layer was laminar everywhere over the model at a Reynolds number

of 1.07 x 106 except In the separated-flow reglone and except for a
very narrow triangular region of turbulent flow at each wing tip with
the apex of the trilangle loceted at approximately the midchord point

of the wing tip. ZEvidently, the slight discantinuity in the alrfoll
surfaces abt the hinge line was not sufficient to precipltate transition
at the Reynolds number and Mech number of the tests. The turbulent _
boundary leyer In the tip reglons may result from e cross flow in the
inboard directian over the sharp cormer at the square tlp of the wing.
Thepretical calculations indlcate the exlistence of a pressure gredient
in this directlion all aslong the wing tip which increesed in magnitude
toward the tralling edge.

Separated—flow reglons could be distingulshed from the lamlinar
boundaery—layer—flow areas anly by increasing the drying time in the
tests until the liquid f£film had eveporated from both the turbulent
and leminer boundary—layer-flow reglaons. Because of the lack of
veloclity and surface shearing action In the separated—flow reglon, the
liquid £ilm In this area was stlll vlsible after 1t had completely
dried In all other regioms. A btest made In this menner at o
near 4.35° and & = 0° indicated the presence of a separated-flow
reglon, the location and extent of which agreed well with those
determined from schlieren flow photographs and pressure distributions.

Tests made wlth the flap deflected showed that the boundary layer
became turbulent on the high—pressure slde of the flap at a polnt
corresponding approximately to the location of the msin shock a short
disteance behlind the hinge line. Attention 1s here dlrected to the
fact that all three modes of experimentatlon, pressure surveys,
schlleren flow observations, and llquld—film studles, lead to the con—
cluslon that the boundary-layer flow on the model is primsrily laminar
In chearacter.

Wing Sectlon Charsgcteristics

Variation of serocdynamlc coefficients with &.— Asrodynamic
characteristics obtained by integrating the theoretical pressure
distributions and the exper tal pressure distrlbutions for the
Reynolds number of 1.07 X 10°P are presented in figures 14 to 16 as a
function of flap deflectlon, In flgures 17 to 19 as a functlon of angle
of attack, and in figures 20 to 23 as a functlon of sectlon normsl—
force coefficient. At thls polnt 1t is deslirable to mentlion that where
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the falring of the curves presented ie not obvious the trends have been
estebllished fram anslyses of a considerably larger amount of data, much
of which was Intermedlate to that shown.

Inspection of figure 14 indicates that as a result of the flow
separations discussed in the previous sectlions the 1lifting effectivensess
of the flep was less than that predlcted from theory snd was actually
zero for a very small range of flap engles when the flsp was in the
center of the wake near a total flap deflection (a + &) of 0°. The loss
in 1ift effectiveness is connected wilth a very rapld shift in flow
geparation from cne side of the flap to the other. For most of the
deflection renge where the flap ie ineffective, separation usually was
present similtanecusly on both sides of the flap near the traillng edge.
As o was increased from 0°, the flap-deflectlon range for which the
flap waes ineffective diminished more rapldly at the outboard station
than at the inboard location. Figure 14 also shows that for small flap
deflectlons the slopes of the theoretical and experimental curves for
the two—dimensional statlion were nearly equal. At the higher angles,
however, the curves diverged, thus Indicating the Ilncreesing intensity
of the separation egs & was increased. At the outboard station the
discrepancy between theory and experiment wes somewhat greater than at
the two-dimenslonal statlon. As pointed out previously, & part of this
increased discrepancy between the theoretical and experimental curves
is probably due to the. Blightly larger angle of attack .at station 2
resulting from twist In the model and a part due to the Inadequacy of
the theory. A comparison of the experimental curves- -for the two
statlons shows that the breeks In the curves for statlion 2 occur at
emeller flap engles than at—thoge of the Inboard station. It appears,
therefore, that the flap lift—effectiveness curve of the complete three—
dimensiongl airfoll will not have a sharp break as the curves of the
gection characteristice but will -have a more g'a.dua.l change 1n slope
over & larger flap~deflection rangse.

Parsllel to the break or shift in the normal—Fforce-coefficient
curves, a shift occurred In the plots of airfoil pitching-moment
(fig. 15) and flap hinge-moment coefficlents (fig. 16) against flap
" deflection. In general, the same considerations dlscussed for the )
normal—force—coefficient curves apply here except for the fact that the
ranges of the moment bresks in terms of flap engles did not diminigh s&s
rapldly with increase In o as they dld in the case of the normal—force
coefflicient. It may be seen that, In effect, there is a shift between
the portions of the curves associsbted with positive or negative hinge
moments equivalent to 2° to 3° flap deflectlion. As for the case of the
normal—force coefflclent, the pltching— and hinge—moment-coefficient
curves for a camplete wing probably wlll have s more gradual change in
glope over g larger flap—deflectian range. The occurrence of a gimilar
break in the hinge moments of an all-movable control surface of



NACA RM L9J05 S 17

different plan form and sectlion is reported in reference 8. It is
possible that the appearsmnce of such a phenomenon may be assoclated
with, emong other things, the magnitude of the included trailing-—edge

angle.

Further examination of the experimental results for both spanwlee
statlons shows that, for the pltching-moment curves in particular
(fig. 15), there wag a difference in slopes between the portions of the
curves associated with posltive or negative hinge moments. Thls phe—
nomenon occurred even st o near O° where from symmstry considerations
the slopes were expected to be equal, end, furthermors, it tended to
increase 1n Ilntenslty wilth Reynolds number. The reason for 1ts occur—
rence is not entirely clear but may be dus, at least in part, to a
glight model asymmetry.

Veriation of serodynamic coefficlents with a.— The agreement
between the theoreticel and experimental curves when plotted against
angle of attack (figs. 17 to 19) was good as regards the slopes of the
curves for station 1 but poor as regerds the displacement.of the curves.
At etatlon 2 the agreement between theory and experiment was slightly
poorer as regerds the slopes of the normal-~force— and pltching-moment—
coefficlent curves and about as good as regards the hinge-moment curves.
In relation to the dilsplacements of the theoretical and experimental
curves, the agrsement at the two stations was about the same. As In the
case at constant o, the curves for some of the smaller flap angles show
discontlnulties 1n the reglon where the flap was approximastely in the
center of the wing wake. From the shape of the curves with the dis—
continuitles it is evlident that the breaks are caused by the lack of
chenges In loading on the flap end not or the main wing. For clearer
ldentificetion the regions in which the bresks in the curves appear
have been shown by & short—daesh line. It 1ls apparent that, particularly
for the case of an sirfoll without flep, it may be a very simple matter
to falr the curves erronesously and not percelve the effects of shock—
boundary—layer interaction. For the three—dimensionsl wing as a whole,
the breaks in the force curves will again be more gradusl and will extend
over a greater angle—of-atteck range. At the same time the ldentifica—
tion of the separation effects wlll be more difficult.

Variation of aerodynamic coefflcilents with c¢,.— In order to

detérmine whether the bresks in the force curves were present when the
angle of attack and flap deflectlon were ellminated as primery varlsasbles,
the sectlon pliching— and hinge-moment coefficlents were plotted against
the normal—force coefficlent (figs. 20 to 23). For clarity the curves
for constant engle of attack and constant flap deflection are presented
on separate figures. The experimental results do not show any readily
definable dlscontinulties for constant o but Indicate the occurrence
of bresks In the curves at constant 5. The figures alsoc indicate =a




18 L] NACA RM 19JO5

better agreement between theory and experliment at station 1 than at
station 2, which stems primarily, as polnted out several times previously,
from the neglect of the slightly greater angle of attack at the outboard
station and the inadequacy of the theory for 'bhe three—dimensional—flow
reglon.

Effect of changes 1n Reynolds number.— Some ldea as to the effects
of scale on the aserodynamlc characteristlce of the wing may be obtalned
by comparing a few typlcal curves from the low Reynolds nuniber tests
(figs. 24 to 28) with the corresponding figures cbtalned at the high
Reynolds number (figs. 1l to 16 end 18 to 19). In general, it was
found that the conclusions derived from the tests at R = 1.07 X lO6
applled directly to the results obtained at R = 0.55 X 106 The only
ma Jor dlfferences were that the magnitudes of the flap ineffectiveness
range at the lower Reynolds numbers were about 1° to 2° greater in terms
of flap angle, around 1° greater in terms of a, and the breaks occurred
at more nearly the same angles of stback and flap deflection &t both
the Inboard and outboard stations. It thus appeasrs that the adverse
offects of shock—boundary—layer interactlon will be more severe at the
lower Reynolds number even in the case of the full three—dimenslional

wing.

Although the Reynolds number of the investigetion is low, 1t 1s
nearly within the range of Reynolds numbers for conbrol surfaces of
misslles flown at high altitudes. This fact can be seen more clearly
if 1t 1s realized that at an altitude of 50,000 feet and at the Mach
number of the tests, 1.62, the Reynolds number of 1.07 X 106 corresponds
to flight of a wing having a chord a little over T inches in length. It
1s apparent, therefore, from the results of thils Investigation that, as
a-result of the possible complete loss In control effectivemness over a
very narrow range of flap deflections due to flow separation, undesir—
able stabllity and control characterlstics such as snsking and non—
linear stick force—deflectlon relationships may be encountered in
supersonic flight if cantrol surfa.ces similer to the ones investiga.ted.
ere used.

Slope parameters.— Because of the dlscontinuities In the curves and
the definite dlfferences in slope between the portions of the curves
assoclated wlth positive or negative flap hinge moments the slope
peramsters derived from the experimental curves have little signlficance
in the usual sense. However, some Important general concluslons can be
derived. from & study of the parameters and, therefore, curves which
ghow the varletions of the various parameters with o &and & are
pregented In flgures 29 to 32. The slope parameters were normally taken
as tengents to the curves at o and ¢, = 0 when the flap angle was

held constant and at & and cp or. cy = O when the angle of attack
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remained filxed. In the case of the experimental curves when discon—
tinuities In slope occurred 1n the curves near the reference polnts,
only the slopes assoclated wlth positive flap angles were uased.

_ A comparison of the results of statlon 1 with those of station 2
indicates that in general the agreement between theory and experlment
was better at the two—dimensglicnal than at the three—dimensional flow
gstation. The poorer agreement betwsen theory and experiment at the tip
station can be accounted for only pertly by the twlst In the model, thus
indicating some Inadequacy on the part of the theory. Also,.the
theoretical and experimental slopes cma, CI‘B’ and chs are smaller at

statlon 2 than the theoretlcal and experimental slopes at statlon 1
(fig. 30), indicating a lower flap effectiveness in the region influ—
enced by the wing tip. In conventlonal theorles of control effectlve—
ness, such ag the usual linear theories and the two—dimensgional theorles
with flap—tip corrsctions, the effects of the wing tlp are disregarded.
In these tests, the loss in flap effectliveness in the reglon theoreti—
cally influenced by the wing tip but not by the flap side edge was

found to occur as a result of the higher Mach number at the flap hinge
line produced by the influence of the wing tip and, hence, was not con—
nected with viscous effects or, to any great extent, wilth flap-tip
effects. As a consequence, the loss in flap effectiveness on a three—
dimensional wing masy be greater than that normally expected from the

use of the conventional linesrlized end second—order control—effectiveness
theories even after the hormal allowances for inaccuracles in the theory
including viscous effects., The loss in flap effectiveness at the out—
board station as compared to that at the Inboard locatlon 1s predicted,
however, by the method employed in this paper for estimating the
pressures and forces.

The figures alsc show that the effects of Reynolds number are con—
giderably greater Iin the region affected by the wing tlp than at the two—
dimensional statlon. The effects of Reynolds number on a three—
dimensional rectengular wing, therefore, will probably Increase as the
aspect ratioc decreases and may alsc Increase as the Mach mumber decreases
and the ares of the region influenced by the wing tip expands. Since the
character and magnitude of the Reynolds number effects may differ with
Msch number, finael conclusions regarding the latter polnts requlre
further study.

CONCIUSIONS

An investigatlon has been masde of the aerodynamlc characterliastics
of a rectangular wing wlth a 9-percent—thick symmstrical cilrcular—arc
gsectlion and a 30-percent—chord trailing-edge flap by means of pressure

———
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distributions and schlleren and liquilid—Lilm flow obgervatlons. An
anslysis of the results obtained at_a Mach number of 1.62 and a Reyndlds
number range from 0.55 to 1.07 X 100 indicated that:

1. The theoretical snd experimentel pressure distributions were in
good agreement except on the low-pressure side of the flep near the
trailing edge and on the high—pressure side of the flap and wing at the
hinge line. In these reglons the experimentel pressures deviated from
the theoretical because of laminar separation resulting from shock-
boundary—leyer interaction. :

2. As a result of the boundary—layer separation, the experimental
increments in asrodynamic coefficients due to angle of attack or flep
deflection were generally smaller and the slopes of the experimental
curves lower than the theoretlcal coefficlent Increments and slopes.

3. Owing to shock—boundery-layer Interaction, there was a break or
ghift in the experimentel section force and moment curves when the flap
wag approximately in the center of the weke that may result in undesir—
able stabllity and control characteristics such as snaking and non—
linear stick force—deflectlon relationships. However, the experimental
results also tend to indicate that these adverse characteristics will
not be guite as severe In the case of a three—dimensional wing.

- 4. At the outboard station, which is theoretically influenced by
the wing tip but not by the side edge of the flap, there was a lbéss In

experimental normel—force coefficlent due to flap deflection as com-

pared with that at the two—dlmenslional station which 1s not predicted

by eny of the usual llnearized and second—order control-effectlveness

theories end is not connected with viscous effects. It 1is possible,

therefore, that the actual effectiveness of a flap near the tlp of a three-

dimenslonal wing may be less than that estimated from the conventional

control-effectiveness theorles even after the normal allowances for

Inaccuraciea 1n the theory and vlscous effects are applied.

5. In géneral, the boundsry lsyer on the model was laminar in
character. With the flap deflected, the boundary layer becamé tur—
bulent behind the malin shock Just behind the hinge line on the high—
presgure side of the flap.

6. The effect of decreasing the Reynolds number was to move the
points of Initlal separstion forward and to cause the breaks or shifts
In the force and moment curves to appear at more nearly the same angle
of attack or flap deflection at the two test stationsg.

T. The effecte of .Reynolds number were conslderably greater at the

statlon Influenced by the wing tip, Indicatling the probebility that the
aerodynsmic characteristics of .three—dlmensional wings wlll be affected
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by Reynolds number to a greater extent 1f the aspect rabtlo is low. It
is alsc possible that for a constant aspect ratlio the influence of the
Reynolds number may Increase as the Mach number decreases and the ares
of the region influenced by the wing tip expands.

Langley Aeronautical Laboratory
National Advisory Cammittes for Aeronasutics
Iengley Air Force Base, Va.
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Figure 2.- Wing mounted in tunnel for testing.
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Figure L.- Front and rear three-quarter views of schlieren model used in
tests. Symmetrical circular-arc airfoll, 9-percent thick.
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Figure 30.- Concluded.
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Figure 31.- Variation of slope parameters with angle of attack.
Symmetrical circular-arc airfoil, 9-percent thick; M, 1.62.
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Figure 32.- Variation of slope parameters with flap deflectiomn.
Symmetrical circular-arc airfoil, 9-percent thick; M, 1.62.
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